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Introduction
Composite materials have been increasingly used in aerospace industry due to their considerable stiffness and strength to weight ratio as well as designable characteristics.
Stiffened composite panel is a very typical form of composite structures which has been widely adopted in aircraft structures, like the fuselages, tail planes and wings. In practice, the composite panels are often subjected to axial compression which would easily lead to the buckling of the structures. Moreover, it is found and acknowledged that the stiffened panels still have considerable load carrying capability in the post-buckling stage which has large potential for weight savings. However, up to now, there are still no specific guidelines available for post-buckling design of stiffened composite panels [1] . Therefore, it is crucial to study the stability behavior (buckling and post-buckling capacity) of stiffened panels.
Several research projects have been carried out to study the buckling and post-buckling characteristics of stiffened panels, like POSICOSS [2] and COCOMAT [3] conducted by European Committee. Many experiments and numerical simulations were carried out upon the stability behaviors of composite stiffened panels by researchers. B.G. Falzon et al. [4, 5] experimentally investigated the buckling and post-buckling behavior of I-stiffened and hat-stiffened composite panels under uniaxial compression loads. L. Boni et al. [6] explored the post-buckling behavior of flat stiffened panels experimentally and numerically. The comparison between numerical and experimental results validated the FEM approach. H.
Abramovich et al. [7] investigated the buckling behavior of composite laminate stiffened panels under combined shear-axial compression. The results indicated the torsion-carrying capability was dependent on stringer geometry and layup. H. K. Jain et al. [8] conducted FE studies on the buckling behavior of laminated composite panels with different stiffeners (blade-, angle-, T-and hat-stiffened) subjected to in-plane shear loading and developed some guidelines for better stiffener proportioning. R. Zimmermann et al. [9] studied the buckling and post-buckling of stiffened CFRP curved panels and investigated the influence of planar thickness and stringer numbers. N. J. Kumar et.al [10] performed post-buckling analysis of stiffened panel by nonlinear finite element analysis and the effects of ply-orientation, different composite materials as well as the stiffener numbers were studied. G. H. Rahimi et al. [11] analyzed the effect of stiffener profile on buckling strength of composite stiffened panels under axial loading. Results showed that stiffening the shells increased the buckling load while decreased the buckling load to weight ratio. Besides the stability behavior of the panels under different loading conditions (i.e. compression and shear) and the related parameters (i.e. stiffener profile and numbers) research, the ultimate failure state in post-buckling stage was also emphasized by many researchers [12] [13] .
However, in current stability researches of stiffened composite panels, the stiffeners are commonly parallel to the lateral side of the skin. While with the development of aircraft 3 design concept and composite manufacture techniques, in current engineering design, like the design of Unmanned Aerial Vehicle (UAV), the wing fuselage integration design and manufacture method is adopted which commonly result in declined stiffeners at central wing part, as shown in Fig.1 . Compared with traditional design of wing structures, the integration design and manufacture of the wing structures has less structural components and much easier assembly operations as well as better aeroelastic performance. However, for the central wing part of this kind of structures which is a novel one, few researches are carried out to investigate their stability characteristics. Considering the wing fuselage integration design and manufacture has become one of the tendencies in aircraft design, it is necessary to study the stability characteristics of this kind of structure for better structural efficiency. In this paper, the stability behaviors of composite panels stiffened by tilting stringers were experimentally investigated and numerically analyzed. Two test panels were manufactured and axial compressive experiment of the structure was conducted. The corresponding numerical simulation was carried out using finite element method. The failure judgment and progressive damage of the composite materials were achieved by USDFLD coding and the shear nonlinear effect was considered in the damage criterion. The buckling load, ultimate load carrying capability and failure state of the panel were predicted and compared with the experimental results. Further exploration was conducted to investigate the influence of tilting stringers on structural stability capability.
2 Stability experiment of composite stiffened panels
Experimental set up
The test specimens were flat panels made of carbon fiber reinforced composite and stiffened by six tilting stringers with hat-shaped cross section laying symmetrically along the longitudinal direction, as shown in Fig.2 Table 1 and 2. The skin and stringers are co-cured in an autoclave.
The axial compression tests were performed on hydraulic test machine with four-column frames and a maximum 1000kN load sensor accurate at 1% on the test range. The specimen was clamped at the top and bottom while the two lateral sides were simply supported by constrained with C-shape cross section jigs, as shown in Before the experiment, the trial tests were carried out to guarantee the panels were uniformly loaded by checking the consistence between the strains of back to back measure points on the skin. System alignment was also checked to eliminate the excess bending of the test specimen from the test system. The compression tests were performed through controlling the force applied on the loading end (top platform of the test machine). In order to satisfy the ideal static test condition and detect any damage during the loading process, the applied force increased gradually with 5% every step before 70% of the linear bucking load and subsequently reduced to 2% every step until the panel was collapsed.
Experimental results
Panel A was tested first. A small cracking noise was heard when the load increased to 422.5kN, but no visual damage can be observed. The cracking sound burst out again until the loading increased to 653.2kN. Eventually, collapse occurred at load value of 767.3kN accompanied with a very loud noise. The whole structure became collapsed along with the breakage of fibers and matrix, delamination and tearing of the skin. Panel B exhibited a similar behavior.
The strain load curves of the panels with the increasing of the applied load were obtained during the compression test and the initial buckling load of the structure was determined by the split point of back-to-back strain-load curves. Three back-to-back points' strains at typical locations of the skin (G1/G17, G8/G24, and G11/G27) were chosen to exhibit the strain evolution of the panels under compression, as shown in Fig.6-8 . From the plots it can be seen that for panel A, the strains are straightly increased with the raising of the applied load and almost the same for back-to-back points till the buckling occurs at the load value of around 375kN. While for panel B, the strain of the back-to-back points are not that close in the evolution process which may be caused by the error of the specimen setup or "potted region" manufactured. There is no obvious split point of the strain-load curves which indicate that there is no apparent buckling occurs of the panel B. 
Numerical analysis and verification of the test panels

Finite element analysis of the panel
In this paper, the stability behavior of the panel with tilting stringers was simulated by the commercial finite element software ABAQUS. Buckling and post-buckling characteristics of the panel were analyzed and predicted. Before the numerical analysis, a necessary mesh refinement was adopted to capture the nonlinear effect and guarantee the convergence during the simulations. A relatively fine mesh with more than 15000 elements was used for the computations, as shown in Fig.10 . The skin and the stringers as well as the middle connections were modeled with S4R element. The interface of the skin-stiffener was simulated by cohesive element.
The boundary condition of the structure was set to be consistent with the experiment. The loaded end was free to move in the axial direction while all the other degrees of freedom were constrained. The clamp end was constrained in all six degrees of freedom and the other two lateral sides were simply supported with lateral and out of plate displacement fixed. The load was applied as an axial displacement on the centroid point of loaded end. The loaded end region is coupled to the centroid point by "coupling constraints" to guarantee a uniform loading simulation.
The linear buckling analysis of the panels was carried out first and the initial bucking load and mode shapes of the structure were obtained. In the subsequent nonlinear post-buckling analysis, the progressive degradation of composite material was applied for more accurate prediction of the ultimate collapse load and failure state of the panel [14] . The Hashin's damage initiation criterion, which is widely used in industry, was adopted to predict the onset of composite material's damage in this paper. Since for the tilting stiffeners under compression, the load on tilting stiffeners can be divided into the compression load along the stiffener direction and shear force vertical to the stiffener. The shear effects should be emphasized in the analysis. Some revisions of the Hashin's failure criterion are made in this paper to consider the nonlinear shear effects.
When the nonlinear effect of a lamina is considered, the constitutive relationship can be expressed in the following form: The modified Hashin's damage initiation criterion incorporated the nonlinear effect was
shown Table 4 . The damage evolution law is based on the fracture energy dissipated during the damage process. ABAQUS USDFLD material user subroutine was used for coding and implemented to define the Hashin's damage initiation criterion and corresponding stiffness reduction of the materials upon satisfaction of the damage criterion. The elastic constants and the strength properties for Hashin's damage criterion are listed in Table 1 . The cohesive element [15, 16] was used to simulate the mechanical behavior of the adhesive and debonding failure mode of the skin-stiffener interface. A bilinear traction-separation constitutive law with linear softening [17] was used to represent the mechanical response of the adhesive. And the quadratic nominal strain failure criterion [17] and Power Law criterion [18] were adopted to evaluate the initial damage and crack propagation, respectively. The material properties of the adhesive used are presented in Table 3 .
Considering the error between the real panels and the perfect models, imperfection was introduced in the post-buckling analysis by the addition of a combination of the eigenvectors obtained from the linear buckling analysis. In this paper, the first three buckling modes were used to import the imperfection of geometry and the factors of the modes selected had a maximum perturbation magnitude of about 10%, 5% and 5% of the skin thickness, respectively. Modified Riks algorithm was adopted for the non-linear post-buckling analysis for its better handling of the snap-through post-buckling deformation.
Numerical results and discussion
The load-shortening curves and out of plane deflections of the specimen under axial compression are shown in Fig. 11 . The results were normalized using the end-shorting (Ucr) The collapse state of the panels obtained from the numerical results is compared with the experiments in Fig.12 . The elements in red represent those in failure. A good agreement with the experiments can be found. It can be seen that in the final collapse state, the panel exhibits various types of failure including the fiber fracture in both the stiffeners and skin, matrix cracking in the skin and multiple delaminations in the region between the skin and stiffeners.
Both the numerical simulation and experiment tests show that for panels stiffened by tilting stringers, the delamination between stiffeners and skin occurs first under compression, subsequently followed by fiber fracture and matrix cracking. In the meantime, compared with the other failure types, delamination is also the most serious failure type for this kind of stiffened panels. It may due to the stiffness ratio between the stiffeners and panels for this structure, the stiffened panel occurs global buckling directly without apparent local buckling stage. The occurrence of global buckling causes the large bending deflection of the stiffeners which results in the large deviation force on the interface between the stiffeners and panel.
Also, since the loads on tilting stiffeners can be divided into compression along the stiffener and shear force vertical the stiffener, the shear force on stiffeners also intensifies the deviation of the stiffeners and panel. In consequence, the delamination occurs first and is the most serious failure state. With the increasing of the load, when the fiber and matrix meet the critical value, the failure of fiber and matrix follows until the collapse of the whole structure.
Further investigation
Further investigation and analysis were performed against the influence of tilting stringers on the panel's stability characteristics. Finite element method validated above was used and 8 panels stiffened by tilting stiffeners varying from 0ºto 8º were constructed and analyzed given the range of aircraft sweepback angles. All the other configurations and material properties were the same as the panel analyzed above.
The analysis results were shown in Fig.13 . From the results, it can be concluded that the buckling mode and collapse state of the panel stiffened by tilting stiffeners change little with the variation of tilting angles, while the buckling loads and ultimate loads change much. It can be seen that buckling loads of the panels exhibit a continuous decrease with the increase of tilting angles while the ultimate load carrying capability shows an initial rise from 0º to 1º and then decreases. The results reveal that though the wing fuselage integration design and manufacture has lots of advantages, the stability capability of the structures will commonly decrease, which can provide a valuable reference for practical design of aircraft. Table 1 The properties of the 3234/T700 composite material Table 2 The properties of Aluminum material Table 3 The properties of the adhesive material Table 4 The failure criterion and property reduction of composite materials Figures   Fig. 1 . Sketch of an integrated design wing Table 3 The properties of the adhesive material 
